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MEASURED HEAT-TRANSFER AND PRESSURE DISTRIBUTIONS ON
THE APOLLO FACE AT A MACH NUMBER OF & AND
ESTIMATES FOR FLIGHT CONDITIONS™

By Robert A. Jones
SUMMARY

Heat-transfer and pressure distributions on the front face of a model of
the Apollo reentry configuration have been measured at a Mach number of 8 for
angles of attack from 0° to 35° and free-stream Reynolds numbers from 0.18 x 10

to 1.4k x 106 based on face diameter. Calculations of the level and distribu-~
tion of laminar heat transfer at high angles of attack are presented for both

the perfect-gas tunnel conditions and for the equilibrium real-air conditions

for an altitude of 180,000 feet and a velocity of 32,000 feet per second. Com-
parison of the calculated perfect-gas and calculated real-air heat-transfer dis-
tributions indicates that the distribution of the equilibrium real air at flight
conditions was very nearly the same as the perfect-gas distribution except for a
small region at the windward corner. Both of these calculated distributions were
in agreement with the measured data. The calculated distributions were based on
two-dimensional theory and the measured pressures. The calculated stagnation-
point heat-transfer rates based on two-dimensional theory and measured pressures
were in reasonable agreement with the measured data when a correction factor
which accounts for the three-dimensional effects was applied. The estimated con-
vective heating rate at the stagnation point of the full-scale vehicle at the

flight condition was 206 ——gEE;— for a wall temperature of absoclute zero and
fte-sec
Btu o
269 —="—__ for a wall temperature of 4,5L0° F.
ft2-sec

INTRODUCTION

Since convective heat transfer will have a dominant influence on the heat-
shield design of the Apollo reentry vehicle, prediction of both its distribu-
tion and level is necessary. This paper is concerned with the convective
heating on the face of this vehicle.

Heat-transfer and pressure data were obtained at a Mach number of 8 for
angles of attack from 0° to 350 and Reynolds numbers based on free-stream con-
ditions and face diameter from 0.18 x 106 to 1.4k x 106. The data for high

*Title, Unclassified.
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angles of attack are compared with laminar theories for predicting both the
distribution and level of heat transfer, and estimates of the distribution and
level are made for the full-scale vehicle at an altitude of 180,000 feet and a
velocity of 32,000 feet per second. Estimates of turbulent heat-transfer rates
for flight conditions are also presented.

SYMBOLS

correction factor, (1 + O.BlK)l/2
skin-friction coefficient

specific heat of wall

diameter of face

total enthalpy

eT —=
o dt

local heat-transfer coefficient, — ="
Tt - Tw
faired measured stagnation-point heat-transfer coefficient

ratio of minimum to maximum velocity gradients at stagnation point

conductivity of air at wall conditions

Mach number

Nusselt number
Prandtl number
Stanton number

local static pressure

stagnation pressure behind normal shock

heat-transfer rate

Reynolds number based on local conditions external of boundary layer

free-stream Reynolds number based on face diameter

.
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radius of curvature of afterbody end (fig. 1)
radius of corner (fig. 1)
radius of curvature of nose of model (fig. 1)
radius of sting (fig. 1)
surface distance measured from center of face
total temperature
wall temperature
time
local velocity external of boundary layer
free-stream velocity
surface distance measured from stagnation point
angle of attack

entry angle

viscosity of air at wall conditions

density of wall

density of air at local conditions external of the boundary layer

density of air at wall conditions

thickness of wall

angular location on face measured from windward vertical line of
symmetry (fig. 2)

APPARATUS AND METHODS

The investigation was conducted in the Langley Mach 8 variable-density

tunnel, which is described in reference 1. Stagnation conditions for these
tests were pressures of approximately 100, 300, and 1,000 lb/sq in. absolute
and temperatures from 800° F to 1,050° F depending on the pressure. The Mach
number in the test area was 7.95 ¥ 0.05.

=



T CONFIDENTIAL

A sketch of the configuration investigated is shown in figure 1. The model
was constructed in two sections with the plane of separation of the sections
normal to the axis of symmetry at the point of maximum body diameter. The face
section, which contained all instrumentation, was held in place on the afterbody
section by screws. Locations of thermocouples on the face are shown in figure 2.
Thermocouples of 0.010-inch-diameter iron constantan wire were spotwelded to the
back surface of the thin (approximately 0.030 in.) stainless-steel wall.

The pressure model had a thick wall with tubing cut flush with the outside
surface to form orifices about 0.040 inch in diameter. One vertical and two
horizontal rows contained a total of 37 orifices.

Heat-transfer data were obtained by using a transient testing technique.
The tunnel was brought to the desired operating conditions, and then the model
was rapidly injected intc the airstream by a pneumatic piston. The time
required for the model to pass through the tunnel boundary layer and for steady
flow to be established over the model was about 0.05 second. A high-speed
analog to digital data recording system was used to record the output of each
thermocouple at a rate of 40 times per second.

Heat-transfer coefficients were obtained on a card programed computer by
using the method of least squares to fit a second-degree curve to the
temperature-time data and then by computing the time derivative of temperature.
These coefficlents were computed for the interval between 0.1 and 0.6 second
after injection of the model. Because of these short time intervals the model
surface was nearly isothermal. The lateral heat conduction at the stagnation
point for an angle of attack of 32.5° was estimated to be 0.1l4 percent of the
aerodynamic heating rate for the highest Reynolds number. For a more complete
description of the data-reduction method see reference 1. The heat-transfer
coefficients, with conduction neglected, are given by the equation

ATy
dt
Ty - Ty

pcT

h = (1)

The recovery factor was assumed to be unity in equation (1). Estimates of h
based on a laminar recovery factor of 0.85 and isentropic expansion from the
stagnation-point conditions to the local measured pressure indicate that the
maximum error in h due to the assumption of a recovery factor of unity was

7 percent. This error is a maximum for the position farthest from the stagna-
tion point and becomes zero at the stagnation point.

Pressure data were obtained by photographing a butyl-phthalate manometer.
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RESULTS AND DISCUSSION

Pressure Distributions

Schlieren photographs, oil-flow patterns on the face, pressure distribu-
tions on the face, and stagnation-point locations of this configuration have
been presented in reference 2 for the same test conditions and same facility as
those of the present investigation. These pressure data (ref. 2) as well as
some data for an angle of attack of 52.50 are presented in figure 3. The veloc-
ity gradients along the vertical line of symmetry at the stagnation point were
determined by computing the velocity from the data of figure 3 and then by
reading the slope of the velocity curve. The stagnation-point locations and
nondimensional stagnation-point velocity gradients so determined for each angle
of attack were:

i a(s/rn)
35 0.368 2.52
32.5 357 1.90
27.5 .319 1.54
0 0 STkl

In order to obtain the actual three-dimensional stagnation-point velocity
gradient at angles of attack, the pressure model was constructed with a hori-
zontal row of orifices through the estimated stagnation point (estimated by oil
flow patterns) for an angle of attack of 550. During the pressure tests this
horizontal row of orifices actually corresponded to the stagnation-point loca-
tion for an angle of attack of 27.5°. The pressure distribution along the
horizontal plane through the stagnation point at a = 27.5° 1is presented in
figure 4. The fact that the data of figure 4 are not symmetrical about the
vertical line of symmetry was thought to be due to a small misalinement in yaw
of the model. The nondimensional stagnation-point velocity gradient in the

horizontal plane was = 0.68.
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Experimental Heat-Transfer Data and Comparison
With Perfect-Gas Theory

Experimentally determined heat-transfer distributions along the wvertical
line of symmetry are shown in figure 5. The data for angles of attack of 35¢
and 32.5° are compared with theoretical laminar distributions (labeled perfect-
gas theory) in figure 5(a). These theoretical distributions were obtained by
the method of reference 3 by using the pressure distributions of figure 3 faired
to the afterbody pressure distributions given in reference 2 and assuming that
the flow was two dimensional. The agreement between the measured and theoreti-
cal distributions indicates that the flow was laminar and that the flow along
the vertical plane of symmetry at high angles of attack can be considered two
dimensional for purposes of calculating the heat-transfer distribution. The
stagnation-point locations are indicated in figure 5 for each angle of attack.
These locations were determined by fairing the pressure data of figure 3 for
angles of attack for which pressure data were available (35°, 32.5°, and 27.5°)
and by the oil flow patterns of reference 2 for the other angles of attack. The
measured stagnation-point heat-transfer coefficients are listed for each angle
of attack in figure 5 and the two-dimensional values computed by the method of
reference 4 with the pressure data of figure 3 are listed for angles of attack
of 359, 32.5°, and 27.5° in figure 5(a).

A comparison of the measured and calculated (two-dimensional theory,
ref. 4) stagnation-point heat-transfer coefficients, NNu/Vﬁg, is shown in fig-

ure 6 where

Ny - h
Vﬁg Ky Py Ve
Hy | dx

Two important features are shown by this comparison; first, the measured values
were higher than the calculated two-dimensional values, and second, the measured
and calculated two-dimensional values became closer as the angle of attack was
increased. Both features were thought to be the result of three-dimensional
effects. In order to estimate the magnitude of the three-dimensional effects,
a correction factor based on the form suggested by Reshotko, reference 5, and
verified experimentally in reference 6, was applied to the calculated two-

dimensional values. This correction factor was A = (1 + 0.81K)1/2 where K
is the ratio of minimum to maximum velocity gradient at the stagnation point,

(dVe/ds>min
K= —‘mn (3)
(dve/ds)max
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For two-dimensional flow K = O and the correction factor is unity; for axisym-
metric flow X = 1 and the correction factor is 1.345 (the ratio of axisym-
metric to two-dimensional stagnation-point heating). The value of K deter-
mined by the velocity gradients along the vertical and horizontal planes through
the stagnation point at an angle of attack of 27.5C was 0.4%. The corresponding
value of the correction factor was 1.16. Applying a correction factor of 1.16
to the value for two-dimensional theory shown in figure 6 at a = 27.5° would

result in a value for NNu/VRe of about 0.53 and thus would account for a large

part of the difference between the measured and thecretical two-dimensional
values. As the angle of attack is increased above 27.59, the flow would prob-
ably become more nearly two dimensional and the value of the correction factor
would decrease. This assumption is based on the consideration that for an angle
of attack of 450, the stagnation point would be located at the center portion of
the corner (ref. 1) and the ratio of minimum to maximum velocity gradient could
then be approximated by the ratio of corner radius r. to face radius D/2.

(See refs. 5 and 6.) This approximation would give a correction factor for

a = 45° of 1.02. Values of the correction factor for angles of attack of 32.5¢
and 350 were found by interpolating linearly between the values for 27.5° and
450, The three-dimensional stagnation-point heat-transfer rate obtained by
applying these correction factors to the two-dimensional theory is shown in fig-
ure 6 by the dashed line. It is believed that the agreement between the three-
dimensional theory and the data and the fact that both are approaching two-
dimensional theory with increasing angle of attack indicate that the flow became
more nearly two dimensional at the higher angles of attack.

The heat-transfer distributions along lines which are located at various
angles ¢ from the vertical line of symmetry are shown in figure 7 for an angle
of attack of 35C. The variation of heat-transfer rate with s/rp was largest
along the vertical line of symmetry (¢ = 0), and this variation decreased with
increases in @§ to @ = 90° where the distribution was almost invariant with
s/rn. Distributions of the type shown in figure 7 were obtained at each angle

of attack. The faired distributions for the three Reynolds numbers were then
cross plotted as a function of ¢ and lines of constant ratio of local to
stagnation-point heating rate were determined. The results are shown in fig-
ure 8 as plots of constant h/ho on projections of the face. The perimeter of
these plots is a circle representing the juncture of the face and corner. The
data of figure 8 are given in ratio to the stagnation-point values at each cor-
responding angle of attack. The two-dimensional nature of the flow along the
vertical line of symmetry at the higher angles of attack is indicated by the
rather constant heat-transfer rate in planes normal to the vertical plane of
symmetry. The variation of stagnation-point location with angle of attack is
shown in figure 9, and the variation of stagnation-point heat-transfer rate
with angle of attack is shown in figure 10. A definite increase in stagnation-
point heating rate occurred with an increase in angle of attack.

Estimate of Heat Transfer for Flight Condition

Laminar boundary layer.- Estimates of the distribution and level of heat
transfer for the full-scale vehicle in flight have been made for an altitude of

A 7
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180,000 feet and a velocity of 32,000 feet per second which corresponds to the
maximum convective heating condition for an entry angle of 7.7° (hereinafter
referred to as the real-air condition). These estimates are based on the
assumption that the pressure distribution for the real-air condition would be
the same as the measured pressure distributions discussed previously and that
the flow would be laminar. The velocities for the real-air conditions were com-
puted by using the measured pressure data, atmospheric conditions from refer-
ence 7, and the equilibrium properties of reference 8 based on total enthalpy
and local entropy taken from reference 9. The velocity gradients were deter-
mined by reading the slope of the velocity curve. The two-dimensional
stagnation-point velocity gradients so determined are compared with those of
the measured values (perfect-gas conditions) in the following table:

1
4(Ve/Veo)
a, deg | s/rp d(s/rn>
Perfect gas Real air
35 0.368 2.52 ! 1.60
32.5 .357 1.90 1.29
27.5 .319 1.5k .95
0 0 g

The velocity gradient along the horizontal plane through the stagnation point

a(Ve/Veo)

at a = 27.5° was = 0.51 for the real-air conditions as compared
d(s/rn)

with 0.68 for the perfect-gas conditions. The value of K for the real-air

condition is then 0.54 as compared with O.44 for the perfect-gas conditions.

The theoretical laminar heat-transfer distributions for real-air condition
at o = 35° and a = 32.5° are shown in figure 5(a). The same methods used
for the perfect-gas distribution were used for these calculations except that
the velocities were determined as described previously. The real-air distribu-
tion is compared with the perfect-gas distribution for o« = 35° in figure 5(a).
Note that these two distributions are very nearly similar, except in the small
region at the windward corner, and that both agree reasonably well with the
measured data.

The stagnation-point convective heat-transfer rate for the real-air condi -
tion was estimated by using: (a) the method of reference 10, (b) the two-
dimensional stagnation-point veloecity gradient for a = 32.5° 1listed previously,
(c) a three-dimensional correction factor of 1.20, (d) a full-scale diameter of
154 inches, and (e) the assumption of a wall temperature of absclute zero. The

8 w—
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Btu

value of the estimate for the stagnation point at o = 32.5° was 296 ———.

ft<e-sec

An estimate using the same method but assuming a wall temperature of 4,5400 F
gave a stagnation-point value of 269 _Btu__
£t°-sec

The primary factor affecting the applicability of these estimates, which
are based on pressure distributions measured at a Mach number of approximately 8,
to the real-air conditions is thought to be the large difference in Mach number
and its effect on pressure distribution. The Mach number for the real-air con-
dition is approximately 29 and, although a Mach number of 8 is sufficiently high
to minimize the effects of Mach number on pressure distributlion, slight effects
would be present. At M = 29 the bow shock wave would be closer and more nearly
parallel to the surface than at M = 8 and the pressure distribution would more
closely approximate that predicted by Newtonian theory. The pressure distribu-
tion measured at Mach 8 is compared with that of Newtonian theory in figure 3(b)
for a = 32.5°. For an infinite Mach number the stagnation point would be loca-
ted at the position predicted by Newtonian concepts; however, the actual
stagnation-point location for the real-air conditions would be somewhere between
the Newtonian location and the location found experimentally at Mach 8. Con-
sequently, the stagnation-point velocity gradient could be slightly higher than
the value used in these estimates.

The shift in stagnation-point location for the high Mach number flow of
the real-air conditions and the corresponding increase in the velocity gradient
and heat-transfer rate at the stagnation point could have an effect on the down-
stream heat-transfer rates. For the purpose of evaluating this effect, the heat-
transfer rates along the vertical line of symmetry for real-air conditions were
calculated as discussed previously. These rates were compared with calculated
rates which were based on the same velocity gradients with the exception of
those in the immediate viecinity of the stagnation point. For this vicinity the
velocity-gradient distribution was distorted to give a 50-percent change. This
comparison showed that, although a change in stagnation-point velocity gradient
changed the heating rate at the stagnation point, the downstream heat-transfer
rates were essentially equal at an s/rn of about 0.02 from the stagnation
point. Therefore, a possible increase in heat-transfer rate due to a small
shift in stagnation-point location at very high Mach numbers should be confined
to a small region near the stagnation point.

Turbulent boundary layer.- The possibility of transition from laminar to
turbulent flow and the resulting effect on the heat transfer for the full-scale
vehicle in flight will be considered. Figure 11 shows the distribution of local
Reynolds number on the Apollo vehicle for two flight conditions. These local
Reynolds numbers were computed by using the measured pressure distribution and
real-air properties as previously discussed. One condition corresponds to the
point of peak heating for an entry angle of 7.7° (the undershoot condition for
which the laminar estimates discussed previously were made); the other condition
corresponds to the point of peak heating for an emergency trajectory with an

entry angle of 10.0°.
o ;
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The Reynolds numbers shown in figure 11 are sufficiently low so that laminar
flow would be expected to exist over the entire surface of a smooth vehicle.
However, the possibility exists that roughness and blowing effects resulting
from ablation of the heat shield could promote boundary-layer transition. Esti-
mates of the heat-transfer rates for a fully developed turbulent boundary layer
are compared with theoretical laminar rates in figure 12. The turbulent heat-
transfer rates were estimated by using: (a) a flat-plate friction law and
Reynolds analogy between heat transfer and skin friction; (b) gas properties
evaluated at local external conditions; (c) the assumption that the boundary
layer was fully turbulent from the stagnation point; and (d) the measured pres-
sure distribution and real-air properties as previously discussed. This approach
is justified as follows: (a) the effect of the pressure gradient on the veloc-
ity and temperature profiles is small and, thus, the flat-plate friction law
and Reynolds analogy between heat transfer and skin friction should be valid
(ref. 11); (b) at the present state of the art there seems to be no preference
between local external properties or reference enthalpy properties; however,
some experimental data have shown that better agreement was obtained when local
external properties were used (refs. 11 and 12); and (c) the consideration that,
with no knowledge of any transition condition to use, use of stagnation initial
conditions can lead to reasonably accurate predictions of the turbulent heating
rates at a moderate distance downstream of the transition region (ref. 13).

The equations used are:

%§ = 0.0296Rg 0" ()
_Cg -2/3
NSt = ?(NPI‘) (5)
. C -2/3
4 = poVeHy, Ef'(NPr> (6)

where the Prandtl number Np, was taken to be 0.70. The values obtained from

the method outlined above are, at best, only a rough estimate of the heating
rates that would exist for a fully developed turbulent boundary layer. 1In fig-
ure 12 only those values of turbulent heat-transfer rates are shown which are
larger than the theoretical laminar values. The laminar heat-transfer rates were
obtained by multiplying the theoretical distribution of figure 5(a) for an angle
of attack of 32.5° by the calculated stagnation-point heating rates. Turbulent
heat-transfer rates become larger than laminar rates (fig. 12) at s/rn loca-

tions which correspond to a Reynolds number of approximately 40,000 (figs. 11
and 12). If the boundary-layer flow were to become turbulent, figure 12 indi-
cates that the heat-transfer rate would be increased by a large amount. However,
the transition criteria that would actually apply are not known, and these esti-
mates indicate only that the possibility of boundary-layer transition should be
examined.

10 <+
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CONCLUSIONS

Heat-transfer and pressure distributions on the front face of a model of
the Apollo reentry configuration obtained at a Mach number of 8 are presented.
Comparisons are made with calculated heat-transfer distributions both for a
perfect gas and for an equilibrium real air at conditions for an altitude of
180,000 feet and a velocity of 32,000 feet per second. The following conclu-
sions are made:

1. The experimental heat-transfer distributions are in agreement with cal-
culated distributions based on two-dimensional theory and measured pressure.
The calculated distributions for a perfect gas and for an equilibrium real air
at flight conditions are very nearly similar except for a small region near the
windward corner.

o. The calculated stagnation-point heat-transfer rates based on two-
dimensional theory and measured pressures are in reasonable agreement with the
measured values when a correction factor which accounts for the three-dimensional
effects is applied.

Langley Research Center,
National Aeronautics and Space Administration,
Langley Station, Hampton, Va., December 12, 1963.
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Figure 7.- Heat-transfer distribution for various values of ¢ at a = 35°.
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“The National Aeronautics and Space Administration . . . shall . . .
provide for the widest praciical appropriare dissemination of information
concerning its activities and the results thereof . . objectives being the
expansion of human knawledge of phenomena in the armosphere and space.”

—Narienar Azronavrics ano Seacr Act o 195%
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